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1 Introduction

The Phoenix Rocket Motor is designed to be a
high-performance, low-cost rocket motor for ama-
teur and small commercial orbital applications. To
achieve low cost, it is designed with an eye towards
low-complexity fabrication, using new commercially-
available 3D-printed stainless steel processes and
standard plumbing components.

1.1 Propellants

Early in the design process, it was decided to use
hydrocarbon-based fuels with liquid oxygen, as op-
posed to hydrogen, alcohols, or more exotic (and
hazardous [1]) propellants. Liquid oxygen is per-
haps the most common oxidizer choice, with well-
documented characteristics, and generally burns and
boils without producing hazardous substances. Of
the commonly-available hydrocarbon fuels, propane
was selected for ease of access, low cost, high spe-
cific impulse, and good heat absorption for regener-
ative cooling. In addition, propane offers a marginal
specific impulse improvement over traditional RP-
1 (kerosene), cleaner burning characteristics, and a
low critical pressure. When stored at 90K, liquid
propane has a similar density to kerosene, enabling
both fuels to be stored cryogenically with a common
bulkheaad, and fewer concerns about freezing pro-
pellants in the pumps and at startup. This propel-
lant combination has an adiabatic flame temperature
of 2800K, so the combustion chamber will require ac-
tive cooling.

After some investigation, the gas generator cy-
cle appears the most promising, combining relative
simplicity, high performance, and substantial histor-
ical experience. This cycle is illustrated in Figure
1. However, most of the motor design will function
reasonably well at lower pressures with pressurized
tanks.

1.2 Design Goals

Many smaller launch customers use the CubeSat
standard [2] to create modular satellites that often
“piggy-back” into orbit with unused payload mass
of large launch vehicles. The design goals for the
Phoenix motor were set to place a 3U CubeSat (or
three 1U CubeSats) into a stable orbit. This corre-
sponds to a base payload of 4kg.

The scale of the motor is a particularly interest-
ing design constraint. Larger motors benefit from
several volume-to-area ratio improvements, includ-
ing reduced fluid friction, smaller proportional com-
bustion chambers [3] for a given characteristic length
L∗, and reduced chamber wall area and heating.
However, larger motors more frequently suffer from
combustion instability (due to chamber oscillating
modes), and are more expensive to both prototype
and test.

For an amateur application, we are interested in
the smallest reasonable liquid propellant motor, be-
cause this reduces both the cost of each prototype
motor and the cost of propellant used in testing.

A thrust target was set at 1.5kN, with a cham-
ber pressure of 6.5MPa. If the pressurization sys-
tem proves inadequate to supply the chamber at this
pressure, the motor chamber pressure and thrust will
be derated accordingly. Specific impulse — Isp, de-
fined in (1) – is expected to be near 280s at sea level,
and approximately 320s with a higher-expansion mo-
tor in vacuum.

F = Ispṁg0 =
ve
g0

(1)

Finally, it is strongly desirable to minimize the total
mass of the motor, for which a maximum target has
been set at 3.0kg. These specifications are summa-
rized in Table 1, but are subject to change as the
motor is developed.

Specification Symbol Value

Sea-level thrust T 1.5kN
Chamber pressure p0 6.5MPa

Specific impulse (vacuum) Isp,vac 320s
Specific impulse (sea-level) Isp,sl 280s

Motor dry mass mmotor 3.0kg

Table 1: Phoenix motor design specifications
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Figure 1: Illustration of the gas generator fuel cycle
used in the Phoenix motor.

A proof of concept orbital launch vehicle with
these motor requirements is shown in Appendix A.

2 Theory of Operation

When operating, liquid propellants flow from pro-
pellant tanks through two separate tubes through
the flexible hose or bellows used for thrust vector-
ing, and into the separate turbopump inlets. The
propellants flow through the channels in the rapidly
spinning impellers and collect in the outlet volutes
at high pressure.

From the outlet volutes, some of each propellant
is channeled through a pair of needle valves, and
combusted in a gas generator. This hot gas is fed
into a radial turbine, extracting power and turning
the driveshaft for both propellant pumps. The gas
generator will be run fuel-rich to reduce the com-
bustion temperature so that the turbine can be run
uncooled. Gas at the outlet of the turbine will be
dumped overboard.

The majority of both propellants is destined for
the combustion chamber. The fuel flows to near the
bottom of the motor and back up through the hollow
walls, providing active cooling for the nozzle throat

and combustion chamber. In this, the propane is
heated to above the supercritical temperature, which
is known to improve atomization in injectors [4].

The injector will be a coaxial design, with fast-
moving liquid oxygen injected in the center of the
chamber and slower-moving gaseous propane on the
outer edge. Shear forces atomize the propellants and
produce rapid combustion, releasing substantial en-
ergy. The downstream end of the combustion cham-
ber tapers to a throat, causing choked (sonic) flow,
beyond which the exhaust accelerates and exits the
nozzle rapidly. This fast-moving exhaust creates an
opposite force on the rocket, propelling the launch
vehicle forward.

This process is illustrated in Figure 1.

2.1 Nozzle Design

The interior profile of the nozzle is designed ac-
cording to the guidance in [5] and [3]. With the
target chamber pressure, an expansion ratio ε of
25 has been initially selected to provide a slightly-
underexpanded nozzle at sea level, with improving
performance at altitude. Specifically, there is a large,
smooth, converging arc going into the nozzle throat,
and a small diverging arc on the downstream side of
the throat. The area downstream of this arc follows
the Rao parabolic approximation of the ideal nozzle.
It is worth noting that the parabola is not parallel to
the nozzle axis, and finding a suitable non-numeric
solution is an exciting exercise in geometry.

The nozzle is currently a consistent 3mm thick,
although the final measurement may vary across the
nozzle after an analysis of the hoop and axial stresses
on the combustion chamber. Finite-element calcula-
tions would be ideal to demonstrate that the design
is sufficient, but initial articles may simply be over-
engineered to ensure success.

The combustion chamber is designed to have a
characteristic length L∗ of 1.0m similar to that for
RP-1 (which may be slightly excessive for propane,
but is a reasonable starting point). It is worth noting
that the chamber volume does not scale linearly with
the other components, so a smaller rocket motor will
have a proportionally larger combustion chamber.

A plot of the nozzle cross-sectional profile is
shown in Figure 2. Important measurements for the
nozzle and combustion chamber are given in Table
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Measurement Symbol Value

Nozzle expansion ratio ε 25
Combustion chamber radius rc 28mm

Nozzle exit radius re 33mm
Nozzle throat radius rt 6.7mm

Combustion chamber length Lc 55.5mm
Nozzle expansion length Le 100mm

Table 2: Key measurements for the interior of the
nozzle and combustion chamber
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Figure 2: Cross-sectional profile of the nozzle, show-
ing locations of arcs, and tangents for the parabolic
expansion profile.

2.

2.2 Cooling Jacket

The exterior of the combustion chamber is wrapped
in a second stainless steel shell with a thin passage-
way for fuel (coolant) to flow around the combustion
chamber. Sizing for the coolant passages strongly in-
fluences chamber wall temperature [6] [7], but also
affects injector pressure, and has not yet been calcu-
lated. The lower portion of this cooling jacket will be
fabricated along with the nozzle, with fuel fed into a
toroidal manifold near the bottom of the manifold.
This lower portion will attach to the upper portion
via a bolted flange (lapping will be used to improve
the quality of the seal), improving manufacturability.
At the upper end, the oxidizer inlet will be brazed
in place.

2.3 Pressurization System

Best results will likely be achieved with a small tur-
bopump for the propellant feed system [8]. Keeping
pump specific speed Nsp and specific diameter Dsp

consistent with existing pumps should allow scaling
without substantially changing geometry [9], pro-
vided that the Reynolds numbers are sufficient to
avoid substantial drag losses. However, this will re-
quire running at higher shaft speeds, which demands
better shaft balancing, higher-speed seals and hydro-
dynamic bearings, which may more closely resemble
an automotive turbocharger.

Turbopump components will require very high
accuracy and precision in manufacturing, and may
be produced by investment casting from 3D-printed
molds, by a higher-resolution stainless steel process
available commercially, or by traditional 4-axis CNC
milling.

Turbopumps add substantial complexity to the
design, and likely represent a very high startup cost
in terms of testing and validation, but reduce the
material price of tankage for each flight once the mo-
tors reach production readiness. This is perhaps the
highest-risk component of the Phoenix design; if the
turbopumps cannot be designed or produced ade-
quately, it should still be possible to run the motor
with lower chamber pressure with blowdown tanks.

2.4 Control and Instrumentation

Due to the low cost and ease of availability of modern
electronics, it is desirable to provide as much instru-
mentation as is reasonable in flight, and even more
during ground testing. K-type thermocouples can be
used to measure temperature at the turbopump in-
lets, outlets, at the gas generator, nozzle throat, and
chamber wall. Pressure measurements are desirable
at turbopump inlets and outlets.

These measurements will be fed into an off-the-
shelf microcontroller, which will use closed-loop feed-
back to maintain system stability and respond to re-
mote control signals from a test stand controller or
vehicle avionics system.

Where possible electronic components should be
rated for the industrial or automotive temperature
range, and the entire circuit board should be en-
closed to protect from water or propellant intrusion.
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2.5 Thrust Vectoring

The motor has been initially designed so that thrust
vectoring may be easily added to the motor at a later
point. The motor will connect to the vehicle through
six struts at three points (resembling a Stewart plat-
form). With the addition of flexible propellant and
ullage tubing, push solenoids could be added to these
to provide slight adjustment to the nozzle angle rel-
ative to the vehicle.

Roll control for the upper stage can be added
with a movable baffle on the turbopump discharge
nozzle.

A Sample Vehicle Delta-V

For some preliminary vehicle calculations, we’ll con-
sider a sample three-stage vehicle with a 4kg Cube-
Sat payload. This vehicle will have a parallel first
stage with 6 motors and fuel crossfeed, a second
stage with 3 motors, and an upper stage with one
vacuum-variant motor with a higher expansion ra-
tio. We can calculate Delta-V (∆v) for each stage
from the rocket equation (2):

∆v = g0Isp ln
m0

m1
(2)

With a liftoff thrust-to-mass ratio of 2.1, this will
support a takeoff mass of 650kg. If we assume a mass
fraction of 94%, which is comparable to an average
soda can, and we keep the mass of each motor un-
der 3kg, then a computer optimization across stage
mass ratios (Figure 3) suggests a maximum available
delta-V of 11.175km/s, which gives some margin on
what is required for achieving orbit. The properties
of this launch vehicle are shown in Table 3.

It may prove desirable to throttle and/or restart
the upper stage to reduce acceleration towards the
end of the third stage burn, and possibly to provide
better orbit injection.

B Design Warning

The author would like to note that none of the com-
ponents enumerated here have been vetted or tested.
This is truly a “paper rocket” in the sense that while
calculations suggest that the design is feasible in the-
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Figure 3: Total Delta-V versus stage mass ratios for
the sample vehicle

Stage 1 Stage 2 Stage 3

Ignition mass 650kg 301kg 64kg
Thrust 13.5kN 4.5kN 1.5kN

Ignition TWR 2.118 1.523 2.389
Burnout TWR 4.060 5.291 14.252

Dry mass 34.87kg 22.69kg 10.73kg
Fuel mass 311kg 214.5kg 53.3kg
Burn time 67.7s 140.2s 104.5s

Stage Delta-V 1819m/s 3663m/s 5693m/s

Table 3: Results of sample vehicle calculations, sug-
gesting a total Delta-V of 11.175km/s, sufficient for
achieving orbit.

ory, the historical record is littered with examples
of major design hiccups in rocket motors that were
not expected in the initial design. Before any of
these components are used in flight vehicles, exten-
sive simulation, testing, and verification should be
undertaken to avoid unsafe testing situations.
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